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SUMMARY

As part of the NACA research program on supersonic axial-flow
compressorsg, a 24-inch-diameter rotor has been designed, constructed,
and investigated in alr up to an actual tip speed of 1634 feet per
second and a maximum equivalent tip speed of 1765 feet per second.
This rotor is aerodynamically similar to the supersonic rotor that
was run &t epproximstely the seme Mach number and about one-helf
the actual tip speed in Freon-12 at the NACA Iangley Aeronsutical
laboratory. Analysis of the experimental date is made with regard
to the theoretical performance, particular attention being focused
on the problem of diffusion in the rotor passages. The effect of
the existence of pressures in the rotor requiring radial velocities
for equilibrium is discussed and the necessity of & close approach
to simple equilibrium after the shock 1s indicated.

The maximum pressure ratio produced in the single stage without
inlet guide vanes was 2.08 at 1765 feet per second and was obtalned
at an adisbatic efficiency of 0.79 and a weight flow of 64.07pounds
per second. The general performance closely paralleled that obtained
in the Langley investigation in Freon-12.

Performence measurements indlceted that theorilzed supersonic-
compressor performance charecteristics were closely approached but

not fully achieved at the equivalent tip speed of 1765 feet per
gecond.
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INITRODUCTION

A program of research on axial-flow compressors operating with
supersonic velocities relative to the rotor blades is being conducted
by the NACA. The first part of this investigation, including
supersonic-diffuser studies (reference 1), cascade studies, and the
design and operation of an experimental compressor in Freon=12
(references 2 and 3), was oonduoted at the NACA lLangley Aercnautical
laboratory.

A second phase of this program was conducted at the NACA
lewis laboratory to achieve full-gpeed operetion of a supersonic
compressor in air and to confirm, in air, the performence obtained
in Freon-12 (dichlorodiflouromethane (CCl,¥,), a commercial refrig-
erant). A rotor was constructed that was aercdynamically similar
to the rotor of reference 3 but with the structural design refined
to allow design-speed operation in air. The investigation is being
conducted in a variable-component supersonic-compressor unit that
was built for full-scale eupersonic-compressor’'research. Performance
results in air at the design equivalent tip speed of 1600 feet per
second, as well as a desoription of the rotor and the apparatus, are
given in reference 4.

The original design of the supersonic compressor differed from
the compressor of the present investigation in three respects:

1. The original design conteined inlet guide vanes.

2. The original design utilized hud and tip wall curvature.

5. The original design had its minimum thickness increased bY
50 percent for the present design.

The combination of vanes and curvatures wee intended to give
the spanwise static-pressure distribution behind the normal shock
required for simple equilibrium at that point. This design resulted
in an almost constant value of blade relative inlet Mach number and
total pressure along the dlade span.

The experimental results of the first configuration indicated
sovere seperation at the blade tip. In an effort to relieve the
separation several changes were made. The hub and tip wall curva-
ture wvas eliminated after the rotor, and the blade outlet annulus
was restricted with good results (reference 3). The tip total
pressure was then increased by elimination of the iInlet gnide vanes,
vwhich through prerotation of the tip flow reduced the tip relative
total pressure. At the same time, the inlet hub and tip wall curva-
ture was also eliminated. Xach of the first two changes mede at



997

NACA FM No. E8GOL <SONEE— 3

the Langley laboratory and the third mede at the Iewls labora-
tory ryesulted in improved performance. This investigetion in air
wae therefore mede without inlet guide vanes or mb and tip wall
curvature.

In order to reduce the vibratory stress in rotor blades to an
acceptable level, a8 discussed in reference 4, it was found neces-
sexy to increase the minlimum percentage thickness of the original
design by 50 percent.

The performence for the modified supersonic-compressor rotor
operating without inlet guide vanes over the range of equivalent
tip speeds from approximately 800 to 1765 feet per second are pre-
gented.

Syubols

The following symbols are used in the evaluation of compressor
performance:

A area, (sq ft)
a local velocity of sound, (ft/sec)

velocity of sound besed on original stagnation conditions,
(£t/sec)

g acceleration due to gravity, 32.174 (ft/seoz)

ebsolute Mach number, ratio of absolute air velocity to local
velocity of sound

M' relative Mach number, ratio of air velocity relative to rotor
t0 local velocity of sound

compressor Mach number, Ut/as’ 1

rotor speed, (rps)

o]

P total, or stagnation, pressure of sbsolute air, (1b/eq ft)

P' total, or stagnation, pressure of air relative to rotor,
(1b/sq £%)

) static, or streem, pressure, (1b/sq ft)
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R gas constant for normal air, 53.50 (ft-1b)/(1b)(°F)
r compressor redius, It
T  totel, or stagnation, temperature, (CR) @
t static, or stream, temperature, (°R)
U velocity of rotor (2sxrn) at radius r, (ft/sec)
v absolute air velocity, (ft/sec)
V' air velocity relative to rotor, (ft/sec)
W weight flow, (1b/sec)
z distance along axis, (ft)
B angle between compressor axis and absoclute eir velocity,
(deg)
B! angle between compressor axis and air velocity relative to
rotor, (deg)
v4 ratio of specific heats for normal air, 1.40
& ratio of actual Inlet total pressure to standard sea-level
pressure, Pq/2116
Neg &dliabatic efficlency .
] ratio of actual inlet stagnation temperature to stendard sea-
level temperature, T;/518.4
P density, (1b/cu f£t)
Subscripts:
1 compressor inlet
2 rotor inlet
5 rotor outlet (survey meesuring station)
6 rake measuring station .
cr conditions at critical speed of sound (M = 1.0)
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r radial component
temperature-rise basis

tip

5 o 93

weight-flow averege
z axial component, distance along the axis, (ft)
e tangential component

The vectors defined in the symbols ere illustrated in figure 1.

PROCEDURE

The compressor was investigated over the range of equivalent tip
speeds Ug/v/@ from 797 to 1608 feet per second with inlet air induc-
ted from the test cell at temperatures from 77° to 87° F. In order
to obtain an equivalent tip speed of 1765 feet per second, the com-
pressor was operated with refrigerated inlet alr at a temperature of
approximately -15° to -20° F. The maximum actual tip speed attained
was 1634 feet per second. Date were teken &s described in reference 4,
with air flow varied from wide-open throttle to stall.

Although three aedlabatic-efficiency terms were presented in
reference 4, the adlabatic efficiency Nea, T DbDesed on a weight-flow
average of total-pressure ratio and an arda average of temperature
rise was found to provide the most consistent and accurate evalu-
ation of the efficlency of compression. The ng3 m term 1s there-
fore used in the presentation of performence results.

Weight flow determined from orifice measurements and & weight-
flow-average total-pressure ratio (PS/P1)W measured et the survey
station as defined in reference 4 ere also used in the presentation
of compressor performence.

In order to determine the angle of the air with respect to the
rotor blades at the inlet, determination of the axial wvelocity of
the air immedlately ahead of the rotor ls necessary. The average
axisl Mach numbers and the air angles were therefore celculated on
the basis of weight flow, total pressure, and temperature in the inlet
section of the rig. This calculation assumes (1) an isentropic change
through the inlet section, (2) a constant axial velocity across the
anmilus with no boundary layer, and (3) no prerotation of the air.
The inlet mock-up studies discussed in reference 4 indicated that
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the first two assumptions could be made with very little error.
Also, the mean prerotetion is probably small and can be neglected.
The Mach numbers and air angles calculated on this basis represent
an approximate condition across the passage and do not show local
variations that might be the result of wave formations ahead of the
rotor. The calculated values are, however, indicative of the gen-
eral inlet characteristice of the compressor. The details of the
method of computing Mach numbers and angles on this basis are given
in the appendix.

Another method of determining the axial Mach numbers at the
rotor inlet in the absence of & survey tube is to assume a linear
variation in static pressure between the root and tip wall taps
end no loss in total pressure through the inlet section. These
calculated Mach numbers were considered to be rather inaccurate,
however, because they are sensitive to emall sﬁatio-pressum changes
(paxrticularly at low inlet pressures) and because the wall-tap
static-pressure readings were affected by local surface irregu-
larities. In general, the difference between the static pressures
measured &t root and tip was smell but considerable discrepancy
existed between the orifice weight flow and an integrated welght
flow based on this type of calculation. This method was therefore
not used to dstermine rotor-inlet angles.

Conditions at the rotor outlet are determined from the survey
meesurements as described in reference 4. These measurements along
with rotor speed are sufficient to define total pressure, relative
and absolute air angles, and relative and absolute Mach numbers at
the rotor cutlet. Details of calculation are given in the appendix.

RESULTS AND DISCUSSION
Over-All Performance

Over-all performence characteristics are given for the 24-inch
supersonic rotor operating in air without guide vanes. These resulis
are then compared with those obteined in Freon-12 as presented in
reference 3.

Performence characteristics in air. - The curves of (Pg/Py)y
ae & function of equivalent weight fiow W+6/8 with superimposed
contours of adiabatic efficiency mnad,T are shown in figure 2 for
equivalent tip speeds from 797 to 1765 feet per second. Maximm
total-pressure ratios produced in the single stege varied from
1.18 at 797 feet per second to 2.08 at 1765 feet per second; a

L66
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total-preahure ratio of 1.93 was obtalned at the design speed of
approximately 1600 feet per second. The eguivalent weight flow at
maximum total-pressure ratio was 58.12 and 64.07 pounds per second
at rotor tip speeds of 1608 and 1765 feet per second, respectively.
These welght flows are less than predicted by the theory that super-
sonic flow enters parallel to the rearward side of the blades near
the leading edge. The difference was epproximately 10 percent at
1608 feet per mecond and 3.5 percent at 1765 feet per second for the
rotor operating without 1inlet guide vanes.

A maximum efficlency of 0.84 was cbtained at an impeller tip
speed of 797 feet per second (fig. 2). The maximum efficiency
decreased to 0.79 and remained essentially constant in the speed
range from 1400 to 1765 feet per second. In this range, as hypoth-
esized in reference 3, the expected drop in shock efficlency due to
increased Mach number is apparently compensated for by the corres-
ponding decrease in wave losses as the bow waves cowme closer to
attachment and finally form a normal shock in the inlet passage.

The efficlency contours over the speed range illustrate a char=-
acteristic difference between & subsonic and a supersonic-axial-flow-
compressor stage. In & subsonic-compressor stage, an efficlency less
than the maximum value occurs at two distinct mess flows because of
the existence of an optimum angle of attack on the blade at a flow
intermediate between the flow limite. For a glven blade Mach number
in the supersonic speed range, however, the classic supersonlc com-
pressor with passage-contalned shock has a contimmally Increasing
efficiency up to the waximum value, which occurs at the maximum pres-
sure ratio. The limiting operating condition is reached, of course,
when the passage-contained shock is forced out ahead of the bleding
end stell or spillage occurs. A transition to constant mass flow
and a singularity of efficlency points takes place in the transonic
speed range. These characteristics may be considered fundamental
manifestations of the diminishing range of blade angle of attack as
the supersonic conditions are approached or a transitlion from blade
flow to passage flow. The curves of figure 2 indicate-a subsonic
characteristic up to a rotor tip speed of approximately 1200 feet
per second and a tendency for peek efficiency to move closer to
peak total-pressure ratio as speed is 1ncreased.

At rotor tip speeds from 1399 to 1765 feet per second, the per-
Pormance corresponds to that obteined in supersonic diffusers and
to that predicted from fundamental supersonic-passage flow theory;
that is, maximum efficiency occurs at peak pressure ratio. True
supersonic-flow characteristics (no variation of weight flow with
an increase in back pressure, as well &s the singularity of effi-
ciency points) are approached as speed is increased (fig. 2).
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Comparison with characteristics in Freon-12. ~ In the Freon-12
studies of reference 3, true supersonic-flow characteristics (as
defined by the variation in mass flow with change in back pressure)
were more closely approached, and the transition from subsonic to
supersonic characteristics was more rapid than in this air investi-
getion without inlet guide vanes. This slowness of transition is
probably the result of the wide variation in inlet Mach number that
exists across the anmilus without Inlet gulde vanes. Although the
three-dimensional aspects of the problem are not fully understood,
supersonic flow probably firat enters the rotor in the region of
high relative Mach number at the rotor tip and the attachment of
the bow wave progresses along the blade toward the root as speed
is increased. The effect of progressive entry of shock was mini-
mized in the Freon~12 investigation because the guide vanes pro-
vided a nearly constant value of Mach number across the inlet
anmlus. Fuarthermore, the entry of shock across the entire annulus
could be attained at a lower rotative speed with the inlet guide
vanes because the vanes increased the relative Mach number at the
blade root.

The curves of figure 3 show the comparative wvalues of maximum
total-pressure ratio as a function of compressor Mach number and
the corresponding equivalent tip speed in alr for the Freon-12
Investigation of reference 3 and for the air investigation. The
pressure-ratio curves have & parallel trend throughout the speed
range with the values for the air investigetion higher than those
of the Freon-l2 investigation throughout. The difference in the
absolute values can probably be attributed to & combination of the
following effects:

1. Operating without inlet gulde vanes reduces the relative
Mach number at the root and increases it at the tip of the rotor.

2. Because of the difference in physical properties between
air and Freon-12, the relative inlet Mach number M's, which is
V's/a2, is higher in air than in Freon-12 for the same compressor
Mach number M,, which is Uy/ag 3. .

3. The rotor used in this investigation wes machined to
closer tolerances than the fabricated rotor of reference 3, which
reduced the varliation in performance from passage to passage and
thereby improved over-all performence.

4. The increase in blede thickness and therefore contraction
ratio that was incorporated in this rotor increases the efficilency
of shock recovery at a given relative Mach nmumber when the shock
is contained in the passage.
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A quentitative independent evaluation of each of these factors
is lmpossible. The effect of each of the last three ltems, how-
ever, would be to increase the pressure ratio, whereas the first
probably has only a small effect on the average pressure ratio of the
compressor. In view of the existing physical differences the maxi-
mum pressure-ratio data obtained in air are therefore considered to
constitute a substantiation of the results of reference 3.

In this investigation, as in the lLangley progrem, a smooth tran-
sition from subsonic to supersonic flow was cbserved as the compressor
was sccelerated (fig. 3). As discussed in reference 2, it can be
hypothesized that, in accelerating the compressor, attachment of
the -bow waves to form a normal shock within the passage would pro-
duce no sudden effect on observed performence. Furthermore, in this
compressor, the attachment of shock probably progresses down the
blade as speed is increased, a&s previously mentlioned, end the three-
dimensional aspects of the flow probably obscure the effect of the
discontinuities observed when shock is swallowed in supersonic daif-
fusers.

The experimental results obtained in the present Iinvestigation
have shown the general supersonic theory as applied to supersonic
compressors to be correct and have demonstrated that operation in
eir is feasible. The performence trends, in general, parallel
those observed in the Freon-12 investigatione of reference 3.

Rotor-Inlet Characteristics

As discussed in reference 3, one of the first inferences of
the hypothesized supersonic operating theory i1s that supersonic
flow enters parallel to the rearward side of the blades at or near
the leading edge. Figure 4 shows the pitch-section relative air
angle at the blade inlet as & function of equivalent tip speed for
maximum total pressure-ratio points. The relative alr angle 1is
celculated as described in the appendix and therefore represents a
general rotor-inlet cheracteristic. A comparison of the relative-
alr-sngle curve with the physical blade angle shows that the con-
dition of parallel entry wase approached but not achieved a&s the
rotor speed was increased. The difference at an eguivalent tip
speed of 1765 feet per second was of the order of that found for
supersonic operation in the Langley investigation (reference 3).
The condition of true supersonic operation, with the rotor-inlet
angle independent of rotational speed and throttle position, was
not achieved in these runs without inlet guide vanes. Supersonic
operation across the entire anmulus however, was probably closely
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approached at an equivalent tip speed of 1765 feet per second, as
was Indicated by the following conditions:

l. The condition of no change in weight flow with an Increase
in back pressure was very nearly reached.

2. The relative air angle approached the physical angle of the
rearwvard side of the blade at the inlet.

3. The relative Mach number at the root was very neerly egual
to that required for attachment of shock to the 10° wedge; that is,
the condition where shock would become attached across the entire
inlet span of the blade was Just being reached.

4. At equivalent tip speeds of 1508 and 1608 feet per second,
the exlstenge of a detached bow wave at the blade root wes indicated
by & sherp rise in the wall-tap static pressure immedlately upstream
of the rotor. At an equivalent tip speed of 1765 feet per second,
however, this sharp rise in static pressure was not in evidence,
indiceting that the shock was attached or near attachment at the
blade root.

These effects all tend to verify the fact that supersonic
operation was Jjust being reached over the entire blade span at an
equlivalent tip speed of 1765 feet per second corresponding to a com-
pressor Mach nuwber of 1.58.

Rotor-Passage Flow Characteristics

The most apparent advantage of supersonlic compressors is the
large total-pressure ratio per stage. Hence, even though the pres-
sure ratio obtained in this single-stage compressor is greater than
bas ever been attained in a subsonic axial~-flow stage, the discrep-
ancy between theoreticel and experimental values requires an explan-
ation. In flgure 2, the meximum total-pressure ratio for the design
speed of 1600 feet per second is seen to be about 1.93, whereas the
design value for the rotor without inlet guide vanes (including
only shock losses) is approximately 2.82. Because only part of this
discrepancy can be accounted for by the inefficiency of compreseion,
apparently neither the useful work of compression (based on total-
pressure ratio) nor the total work of compression (based on temper-
ature rige) is as high as is indicated in theory. In order to deter-
mine the reasons for this departure from theory, examination of the
nature of flow in the rotor pessage is necessary.



L686,

NACA RM No. ESGOl B ONIERENN 11

Full informetion on the flow within the passages of the rotor
is unavailable beceuse of extreme difficulty of placing instrumentation
within rotating passages. Some Indicetion of the nature of the flow
in the rotor may be obtained, however, from data taken across the
rotor-outlet anmulus. The data for the maximum total-pressure con-
dition at an equivalent tip aspeed of 1608 feet per second will be
used to illustrate passage-flow characteristice, Inasmuch as these
date are typical of operation in the high-speed range.

Useful work of compression. A plot of the relative Mach number
across the rotor-outlet anmulus (fig. S5) shows that the actual
pe.ssege -outlet Mach-number is high compared to the average value of
approximately 0.6 for which the outlet anmulius was designed. This
lack of diffusion of the exit Mach number reduces the total pres-
sure and therefore the useful work of compression because of the
following three effects:

1. Reduction in static-pressure rise within passage caused by
incomplete diffusion

2. Reduction In —kine'bic energy in absolute stream because high
relative Mach number corresponds to reduced absolute Mach
number at passage outlet for this particular rotor geometry

3. Increased totel-pressure losses due to high Mach mumber level
in channel

The sensitivity of total-pressure ratio to the amount of diffu-
sion in the rotor passege can be seen from figure 6. These data
are calculated for the pitch section at a tip speed of 1600 feet
per second, with no losses considered except the normal-shock loss
at the minimum section. The figure indicates that proper diffusion
after the shock is essential for maximum performance of the com-

pressor.

Although the fundamental reasons for the incomplete diffusion
in the rotor passage cannot be conclusively stated, the following
four conditions contribute to that result:

1. The large ratio of wetted area to cross-sectlonal area
allows & large part of the passage to be taken up with boundary
layer, which tends to promote large frictional losses, separation,
and ineffective subsonic diffusion in the passage after the shock.

2. Interaction of the normal shock with the boundary layer can
be expected to thicken the boundary leyer and greatly emhance sep-
aration tendencies. Also the centrifuging toward the tip of the
low-velocity air on the blade surfaces tends to restrict the effec-
tive expansion area because of the accumulation of slowly moving air
at the tip. '

<OV,
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The tendency, even In smooth nozzles, for a gradual pressure
rise to occur near the passage walls while the fluid near the pas-
sage center experiences the normal-shock pressure rise also
increases the passage~outlet Mach number.

L66

3. Although the effect is not fully understood, a radial flow
resulting from & lack of equilibrium between centrifugsl force and
pressure after the shock probably acts to reduce the amount of pes-
sage diffusion. Figure 7(a) shows, for the meximum pressure-ratio
condition at 1608 feet per second, & plot of the theoretical static-
pressure gradient dp/dr that would exist after a normel shock at
the minimum-area section (considering only shock losses and neglect-
ing equilibrium) as compared with the approximate static-pressure
gradient required fgr simple radial equilibrium (no radial acceler-

oV,
ation, or %rp- = gf' } after the shock. This apprecilable differ-
ence shows that simple radilel equilibrium does not exist. The 4if-
ference must be equal to the sum of the terms involving radial
motion in the complete equation for radial egquilibrium

ap _ PVe® oV, Iy oV Ay
dr ~ gr g oz g or

If conditions after the shock are congldered with regard to
this more complete equation for radial balance of forces, probable .
influences on the flow path through the rotor may be surmised. As
in the calcunlation of figure 7(a), the assumptions can be made that
in the absence of inlet guide vanes: (1) the static-pressure grad-
ient in front of the shock is very nearly zero wilith little or no
redial- or tangentiasl-veloclty components; and (2) & shock normal
to this entering streamline occurs at the local Mach number.

(1)

Directly after the shock, the static preasure gradlent g'-rn, due to

variation in relative Mach number along the blede, is considerably
greeter than that required for simple equilibrium as shown in fig-
ure 7(a). Tnis difference must then be accounted for by the terms
PV V. pv., oV,

involving radial motion |- —% X - X _X] With the radiel
components before the shock smell and the shock assumed to be close
to normal, YV, Immediately after the shock 1s very small compared
to Vz. Also, from the nearly constant difference between the curves

oV, IV,

in figure 7(a), JV,/dr will be small. The term = & Of equa-
ov, o, Vo2

tion (1) is therefore smaller then & 5o+ Beceuse — 1is too
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ov.
small (fig. 7(a)) and V; is positive, the value of 5;1.'. mst be

negative. The streamline must then be concave inward after the shock
wilth the redial velocities increesing toward the root along =z.

From the geometry of the passage, the radial velocity cannot be
susteined indefinitely and the streamline must be deflected back
oV, oV,
toward the axial divection. In this process,the term 'E?'SEE mist
pass through zero and become positive. This change in sign corres-
ponds to an inflection of the sireamline from concave imward to con-
cave outward. As the flow progresses along the axis, the radial com-

vV, OV
ponent must eventually vanlish and the term -g— BT will ageain
v, v
become lerger then -E?- grl . If this event occurs, from the complete
radial equililzarium equation, %% wlll be less then the corresponding

W,
value of il .

An examination of the data at the survey station 0.6 chord length
downstream of the rotor (fig. 7(b)) indicates that this condition
exlsts. Thus, over the greater portion of the anmulus simple equili-
brium does not exist and there are radlal-flow components.

This hypothesis shows that flow is displaced downward from the
tip in passing through the rotor, thus reducing the effective area
available for the passage of mass flow and consequently reducing
the amount of passage diffusion. In addition, the adverse pressure
gredients induced &t the tip may cause flow separation. The net
result indicates that the radial balance of forces must be con-~
sldered and the radisl-flow components must be controlled before
optimm flow can be set up in the passage.

Review of the initial assumption of a normal shock is now
expedient. The shock most probebly does not remain normal to the
streamlines because the equilibrium pressures behind the shock do
not correspond to those required by the normel-shock relations.
The shock therefore warps in a direction that tends to deflect
the streamlines radially outward and alter the shock pressure
gredient toward that computed for simple equilibrium. Thus, a
combination of shock deflection and radial motion will fix the
streamline. Determinstion of the relative megnitude of each
effect from the avallable date is impossible.
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Each of these three factors probably contributes to the ineffec-
tive diffusion and high relative Mach number in the pmssage after
the shock. In view of the dependence of over-all performsnce on
adequate subsonic diffusion, apparently these effects must be mini-
mized for optimum performance.

The pressure recovery ln the rotor passage, determined es
described in the appendix, is shown in figure 8 for the maximm-
pressure-ratio point at 1608 feet per second. Thls curve indicates
& very high pressure recovery near the rotor rcot and low recov-
eries mear the tip. Only part of this veristlon in pressure recov-
ery cen be expleined on the basis of the variation in normal shock
efficiency acrosse the anmlus. A redial transfer of energy there-
fore appears to exist towerd the root, probably as the result of
the lack of equilibrium after the shock end the centrifugling of
low-energy air toward the tip.

Total work of compressicn. -~ The totel energy input to the air
may be glven by the expression UAVy, where AVg may be broken
into two parts:

1. The tangential veloclty imperted due to reduction in the
alr veloclity relative to the rotor as the result of static-pressure
rise in the rotor passage. The statlc-pressure rise, which has
already been discussed, affects both the useful and total work of
compresasion.

2. The tangential velocity imparted due to the stream turning
in the direction of rotetion theat occurs in the rotor passage.

The relative alr angles at rotor inlet and outlet are shown
In figure 9 for the maximum pressure-~ratlio condition at 1608 feet
per second. Phyesical blade angles are also plotted to indicate the
degree to which air follows the blades. Meximum turning existe at
the pitch and is greater than design turning. Both root and tip
show less than design turning, with the tip showing reverse turning.
Only & slight reduction in work input due to lack of turning rela-
tive to the blades exists, although there is some deviation from
the local physical blade angle. This condition indicates that the
lack of diffusion after the shock is the primery cause of the
departure from theoretical total work and useful work of compression.

The tip reverse turning at the design opersting conditlon,
which was also encountered in the Freon-12 studles, may be accounted
for by & combination of several factors:

997
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1. The possibility of error in statloc-pressure measurement of
survey tube exists 1n region nesr walls.

2. Flow leakage through tip clearance space probably results in
reduced turning.

3. Separetion from both convex and concave sldes of the blades
mey be caused by the general ingtability of the flow along with the
centrifuging of low-momentum alr toward the outer shroud. ZXearly
transition and separation has been fregquently noted to occur in 2
diffusing passage following a strong shock. Wlth the passage turning
washed ocut in thls manner, only small effects are necessary to create
the reverse turning.

4, IYrrotation of the lnlet air establisheg a rotation within the
blade passage that 1s opposite to the directlon of rotation at the
tip and in the direction of rotation at the root. This effect willl
tend to reduce turning &t the tip and Increase turning at the root.

Rotor-Outlet Characteristlcs

The variation in total-pressure ratlo, absolute axial and tan-
gential Mach number, and absolute eir angle across the rotor-outlet
passage is shown in figure 10 for the meximum total-pressure-ratlio
condition at an equivelent tip speed of 1608 feet per second. The
decline in both the total-pressure ratio and axial Mach number pro-
files at the rotor tip exemplifies the effect of centrifugence of the
low-velocity air toward the tlp and the effects of the radial flow
end radial transfer of energy that result et least partly from lack
of equilibrium following the shock. Furthermore, the previocus com-
parison of the measured outlet static pressures with the pressure
distribution required for equilibrium (based on measured rotational
air velocities, fig. 7(b)) indicated that the condition of simple
equilibrium has not yet been achieved &t the survey station. As
previously mentioned, this lack of simple equilibrium apparently
exists as a result of the radial accelerations set up because of the
nonequilibrium conditione after the blade shock with the adjustment
in the flow still taking place at the survey station.

The existence of radisl flow will introduce an error In the
measured static pressure, thereby affecting the outlet Mach mumber
and velocity values. This effect is probably not large, however,
in view of the Pact that the weight flow integrated over the rotor-
outlet anmulus agreed with the orifice measursd weilght flow within
approximately 3 percent.
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The absolute air angle PBg (stator stagger angle) is leas than
design across the entire blade span except at the tip (fig. 10) where
effective overturning of the low-momentum alr exists as a result of
the low axial Mach number in that region.

Extreme gradients are apperent in the turning angle, axial
Mach number, and total-pressure-ratio profiles across the rotor
outlet. In addition to the immedlate losses in rotor performence
that result from these extreme variations, it 1s apperent that the
recovery of the kinetic energy at the rotor outlet is a serious prob-
lem and design of stator blades to convert this energy to pressure
efficiently would be difficult.

SOMMARY OF RESULTS

The following resultis were obtained from an Investigation of the
NACA 24-inch axlal-flow supersonic-compressor rotor in air over the
equivalent tip speed range from 797 to 1765 feet per second:

1. Maximum pressure ratio produced in the single stage varied
from 1.18 at 797 feet per second to 2.08 at 1765 feet per second.
The equivalent welght flow at maximum total-pressure ratioc was
58.12 pounds per second at the deslign speed of 1608 feet per second
and 64.07 pounds at 1765 feet per second.

2. A maximim efficlency of 0.84 occurred at an eguivalent tip
speed of 797 feet per second, decreasing to 0.79 for speeds from
1400 to 1765 feet per second.

3. The performance closely paralleled that of the Langley rotor
run in Freon-12. The genersl performance was qualltatively charac-
teristic of the theoretical supersonic compressor, with a subsonic
characteristic at low speeds and a trangition to & supersonic char-
acteristic teking place in the transonic speed range. In the super-
sonic range, the variation in efficlency with a change in back pres-
sure was nearly the seme &s that predicted from theory.

4. Results Indicated that true supersonic operation over the
entire blade span was belng closely approached at the equivalent tip
speed of 1765 feet per second.

5. Study of the flow process in the rotor passage Indicated
that the discrepancies between deslign pressure ratio, 2.82, and
that measured at deeign speed, 1.935, was due to incomplete passage
diffusion, which in turn, was due at lemst partly to the lack of
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simple equilibrium directly after the normal shock. Results indi-
cate that the radial balance of forces must be considered and the
radial-flow components must be controlled before optimum flow can
be set up in the passage.

Lewis Flight Propulsion Leboratory,
National Advisory Committee for Aeronautics,
Cleveland, Ohio.
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APPENDIX - PERFORMANCE -~ COMPUTATION METHODS

Rotor inlet, - The critlcal-area ratio may be determined by
use of the relation

W = per acr Acr

With the assumptlon of no loss in total pressure or total temperature
from stetlion 1 to station 2, the relation can be put in the form

Ay 3 P14

SOy
v (%)

If values for ¥, R, and g are substituted

Ay _ 0.531 P; Ay
Aor W ATy

The exiel Mech number is then found from the relation

Az)z 1 2 -1 2 Ltl
(Acr = (%2 |7+ [l+ 7 (?42)] 7-1

The solution for M, 1is eimplified by the use of tables relating
Mach number and area ratlo.

The velocity and Mach number relative to the rotor can then be
determined as follows: ’

P2 = 7
1
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and
Vi,2=V2 =¥ 8
. - Wy .
9, I‘t
T -] t t
By = ten™ (Vg o/7", )
Therefore
2 cos ‘32 as cos Bz
and
Z_
7-1

P's = pp [l+ 7—;—1- (M'z)z]

Rotor outlet. - At the rotor outlet, the values of Pg, bPs,

Bc, and T ( = Tg) are determined by direct measurement from
wgich the other sbsolute values may be calculated:
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Vz,5 = V5 cos Bs = V'z,5

V9’5 = V'5 sin Bs

The various values reletive to the rotor may also be determined
from

1
Ve,5=U~Vg5

then

V's = /ﬁviz’s)z + (vie,s)z.

M's = V's/ag

%
2’5 = v [+ 25 009

The angle of flow at the outlet with respect to the rotor may be
calculated from

]
Vi.s

-1 .
Vs

B's = Bin

Passage recovery. - An indication of loss in total pressure
teking plece in the rotor passege 1s given by the passage recovery
factor, which 1s defined as

Pl
Passage Trecovery = F'_
2

For a passage converging in the radial dlrection, the stream~
lines are assumed to converge uniformly and the blade relstive total
pressure 1s computed at the same relative poslition along the dlade
span at the inlet and the outlet.

LBE -
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Figure 1. - Typical vector diagram for supersonic-compressor
rotor without inlet guide vanes.
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Figure 2. - Performance characteristics of 24-inch

supersonic-compressor rotor.
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Figure 3. - Maximum total-pressure ratio of 24-inch supersonic-
compressor rotor in air compared with results of Langley
laboratory Freon-f 2 investigation (reference 3}.
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Relative Mach number at

rotor outlet, M'5

NACA RM No. ESGOI
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Figure 5. — Relative Mach number profile of 24-inch
supersonic-compressor rotor. Maximum pressure-
ratio condition at equivalent tip speed of 1608

feet per second.
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Figure 6. — Variation of calculated total-pressure
ratio at tip speed of 1600 feet per second with
relative Mach number at rotor outlet.
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Figure 7. -~ Pressure gradients after normal shock
and at rotor-outlet survey station of 24-inch
supersonic—-compressor rotor. Maximum pressure—
ratio condition at equivalent tip speed of 1608
feet per second.
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Passage pressure recovery,
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Figure 8. - Passage pressure recovery of 24-inch
supersonic—compressor rotor. Maximum pressure-
ratio condition at equivalent tip speed of 1608
feet per second.
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Air angle relative to rotor,
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